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Parametric Study of Airframe-Integrated Scramjet
Cooling Requirement

Takeshi Kanda,* Goro Masuya,t Yoshio Wakarriatsu,T Nobuo Chinzei, i and Akio Kanmuri§
National Aerospace Laboratory, Kakuda, Miyagi, Japan

In a previous report, scramjet engine characteristics of different propellant-fed cycles were compared and
engine perforinances were discussed. In this study, the cooling requirement of a hydrogen-fueled airframe-inte-
grated scramjet engine as well as an airframe was examined, and effects of various parameters including flight
Mach number, flight dynamic pressure, engine wall temperaturé, and engine scale, on the engine characteristics
were analyzed. The coolant required for the airframe was about 20% of the total coolant. Simple equations that
correlate coolant flow rate with those parameters were derived.

Nomenclature

A = cross-sectional area

B = constant in Eq. (5)

b =exponent in Eq. (5)

Cp =drag coefficient

C, = specific heat at constant pressure
h =heat transfer coefficient

I, = specific impulse

£ =representative length

M = Mach number

m =mass flow rate

P = pressure

0] =heat transfer rate

q =dynamic pressure

S, = Stanton number

T = temperature

u = stream velocity

|4 =flight velocity

w = power

¥ = specific heat ratio

AT  =difference between wall temperature and total

temperature

AT, =increase of coolant temperature
AT, =increase of temperature by chemical reaction
7 = efficiency

A = friction coefficient

I = viscosity

0 . =density

Subscripts

AF =airframe

cl = coolant

cp = captured

E =engine
f = fuel

fp = fuel pump

g =combustion gas

H2 =hydrogen

p =pump

st = stoichiometric

¢ =turbine

w =wall

0 =total
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1 =entrance, entrance of inlet
2 =exit

oo = freestream

1. Introduction

N our previous reports’? of an airframe-integrated

scramjet engine, power cycle consideration, regenerative
cooling requirement, and performances with a flight path
along a constant dynamic pressure of 100 kPa were discussed.

An aerospace plane is assumed to fly along a path of con-
stant flight dynamic pressure. Therefore, the selection of
flight dynamic pressure is important: On the other hand,
active cooling should be considered in order to protect the
airframe from severe derodynamic heating due to high flight
Mach number. In the process of scramjet development, the
effect of scale is also important. However, there are few
reports that mention these effects, i.e., flight dynamic pres-
sure? and airframe cooling.* )

In this study, parametric calculation of the cooling require-
ment for a hydrogen-fueled airframe-integrated scramjet en-
gine as well as an airframe was carried ouit.

Simplified explicit correlations between the coolant flow
rate and the various factors, i.e., flight Mach number, flight
dynamic pressure, engine wall temperature, and engine scale -
were derived. The correlations were then compared with the
results of the numerical calculation. ‘

II. Numerical Calculation

A. Caleulation Methods

Calculation methods were almost the same as those used in
the previous reports.!'? For the given configuration of the
airframe and the engine, flow properties around the airframe
and inside the air-breathing part of the engine were calculated
by the quasi-one-dimensional approach with assumed temper-
ature and flow rate of fuel. The heat transfer coefficient along
the wall with constant surface temperature was calculated to
evaluate heat trarisfer to the cooling jackets. The temperature
and flow rate of fuel were iteratively determined so that those
assumed for flow property calculation agreed with those deter-
mined from the cooling requirement. Finally, the pressure
level of pumps, turbines, and feedlines was determined by
consideration of the power balance of a turbopump system.
An outline of each process is described below.

1. Configuration of Airframe and Engine System

Configuration of the airframe was assumed as shown in Fig.
1. An airframe-integrated scramjet engine was composed of
six engine modules mounted on the airframe. The module
consists of an air-breathing part and a propellant feed part.
The configuration of the module is shown in Fig. 2, which is
based on the NASA Langley model® as can be seen.
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Fig. 2 Engine configuration (air-breathing part).

An expander cycle (EC) and a gas generator cycle (GGC)
were employed for the propellant feed part in this analysis.
Both are typical in rocket engines, and their turbopump tech-
nology is available. It has been shown that the EC is simple
and has a high specific impulse, whereas the GGC has been
widely used in rocket engines and is characterized by flexibility
of operation. The schematics of the EC and the GGC are
shown in Figs. 3a and 3b, respectively. Hydrogen was used as
fuel and coolant. Turbine driving gas of the GGC was ex-
hausted through a nozzle that has an exit/throat area ratio of
10. Onboard oxygen was used as oxidizer for the gas genera-
tor.

The air-breathing part of each module and the undersurface
of the fuselage and of the wings, shown by hatched lines in
Fig. 1, were actively cooled with hydrogen. The cooling jacket
is assumed to use tubes.

All of the coolant was injected into the combustors. For the
low cooling requirement, additional fuel was injected to main-
tain the equivalence ratio in the air-breathing part at unity.
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Fig. 3 Engine cycle schematic.

When the coolant flow rate surpassed the stoichiometric flow
rate, the equivalence ratio became greater than unity.

2, Flow in the Air-Breathing Part

Flow around the airframe and in the air-breathing part of
the engine was computed by a quasi-one-dimensional scramjet
performance prediction program.’ The forebody was approxi-
mated by a cone with a half-angle of 5 deg, and the inviscid
flow around it was calculated.

Empirical relations derived from experimental results®’
were used to evaluate the capture area ratio of the inlet. Total
pressure recovery efficiency of the inlet was calculated by
assuming a constant kinetic energy efficiency of 0.98 based on
the experimental data.®’

For the combuster and the inner nozzle, a set of quasi-one-
dimensional equations® including effects of cross-sectional
area change, chemical reaction, skin friction, and heat trans-
fer were numerically integrated with assumed combustion effi-
ciency distribution. An empirical relation of mixing efficiency
proposed by Northam and Anderson® was used as the combus-
tion efficiency.

Exhaust from the inner nozzle was assumed to expand on
the afterbody or the outer nozzle to the same pressure as that
on the forebody surface.

3. Heat Transfer and Cooling

In the calculation of heat transfer, it was assumed that the
turbulent boundary layers started at the entrance of the inlet in
the air-breathing part, at the nose of the fuselage, and at the
leading edges of the wings.

Actually, laminar boundary layers may develop in the initial
wall regions. However, the transition criteria for the hyper-
sonic boundary layer is not well understood. Thus the
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boundary layers were assumed to be turbulent throughout.
This assumption would cause overestimation of the cooling
requirement because of lower heat transfer of laminar
boundary layers.

High local heat transfer is observed at the leading edge or
the nose. This is an important problem for local cooling.
However, this effect has negligible influence on the total cool-
ing requirement because the area of high local heat transfer is
very small compared with the whole cooled surface area.

The wall temperature along the air-breathing part and the
airframe was set constant and uniform for an assumed wall
material. More realistic nonuniform wall temperature distri-
bution would result in slightly higher heat transfer.?

The hydrogen temperature at the exit of the cooling jacket
was set at 700 K in the engine and at 300 K in the airframe. The
latter value was set in consideration of payload or inside
environment, especially for the case of manned missions.

Mayer’s method!? was used to calculate the heat transfer
coefficient. Thermochemical and transport properties of hy-
drogen and oxygen in gas and liquid phases and their combus-
tion products were calculated with a high-speed computation
code!! developed for LH,/LO, rocket engine analysis.

4. Power Balance in Propellant Feed Part

The pressure level of the propellant feed part of the engine
was determined so that the fuel could be injected into the
combustor with suitable dynamic pressure to achieve good
penetration into the airstream. The dynamic pressure ratio of
fuel jet to airstream at the fuel injection position was set at
unity.!2 The fuel was assumed to be injected at the sonic speed.
Required values of pressure at the turbine exit P, for the EC
and at the pump exit P, for the GGC were then calculated by
adding various pressure drops to the fuel injection pressure.

The pressure drop in the tubes of the cooling jacket was
calculated, taking friction and acceleration by expansion dur-
ing heat exchange into consideration.!® Pressure drops in feed-
lines were also calculated based on examples of the rocket
engines.!*

Feed cycle power balance is achieved when the power pro-
duced by the turbine equals that required by the pump. Each
power was calculated by the following equations!3:

P y=1
W, = nia,C,T, [1— <;’f> ' } o
4
Wp=mp (PpZ_Ppl) (2)
NpPp1

Equations (1) and (2) were solved by iteration to evaluate
the pump exit pressure P, for the EC or the turbine flow rate
m; for the GGC. Since the EC is a closed cycle, the turbine
flow rate and the pump flow rate 71, are the same. In the
GGC, pressure in the turbine exit manifold had no direct
relation with the fuel injection pressure and was set to main-
tain an underexpanded condition of the turbine exhaust noz-
zle. The turbine entrance gas temperature 7;; of the GGC was
set at 850 K, while that of the EC was obtained from the heat
transfer calculation.

Efficiencies of the pump and the turbine in Egs. (1) and (2)
were estimated on the basis of typical values for turbopumps
of rocket engines, because the operating condition of scramjet
engine turbopumps would be similar to that of rocket engine
turbopumps. Efficiency of the hydrogen pump was 60%,
whereas that of the oxygen pump that was used in the GGC
was 40% . The turbine of the EC was assumed to be a reaction
turbine with efficiency of 60%, whereas that of the GGC was
assumed to be an impulse turbine with efficiency of 30%.
Pump entrance pressure P, is set to 0.2 MPa for hydrogen
and 0.3 MPa for oxygen to avoid cavitation in the pumps.
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5. Parameters

Parametric calculation for the flight conditions was carried
out in the range of flight Mach numbers from 6 to 12 and of
flight dynamic pressures from 25 to 150 kPa. These are
considered to be typical operating ranges of a scramjet. The
reference flight dynamic pressure was chosen to be 100 kPa.

The effect of the wall temperature along the air-breathing
part and the airframe in the range from 700 to 2500 K was
discussed. The reference wall temperature was set at 1000 K,
considering the use of nickel alloy for the wall material. The .
maximum temperature of 2500 K was chosen because this
value might be achieved by an advanced refractory material
program in progress.!® :

The reference value of the module frontal area was chosen
to be 6 m2. The length scale of the engine was varied by tenfold
and, thus, the frontal area by a hundredfold.

B. Results and Discussion

1. Flight Mach Number

The hydrogen flow rate of the GGC at a flight dynamic
pressure of 100 kPa is shown in Fig. 4a, which is the total of
the six modules. The coolant flow rate for the airframe is
about 20% of the total coolant flow rate s, The total coolant
flow rate surpasses the stoichiometric flow rate 7 at a flight
Mach number of about 10. ,

The EC, i, and 1y are the same as those for the GGC in
Fig. 4a. However, the total cycle flow rate for the GGC g, is
greater than the EC flow rate. The difference is the flow rate
into the gas generator, which is expressed as GG in Fig. 4a.

The coolant “flow rate of the airframe was reported by
Becker.? In his study, the coolant flow rate increases with
flight Mach number, the same tendency as in the present
study. The principle of this calculation method is basically the
same as that of the present method. He determined the ratio of
the heat transferred from hot gas to an airframe QuF to the
heat capacity of coolant Qy:

' S: IV Ty — Ta
Qar _ 0 .000312- L2 <1——W———2> €)
O Cp ATy\"  0.00007V
200 - = ; -
o = | 00kPa ey 7 6.6

150 |

ﬁle, kg’S_I
o
(o]
T

a) Gas generator cycle

t Goo = 25kPa
2.0 50kPa
f 100kPa
I 50kPa
% 1.0F /\
&
~N
S
‘€ 0.5
0.2 1 - H S
2 5 o 20
Mo

b) Coolant flow ratio (ric/mst)
Fig. 4 Hydrogen flow rate with flight Mach number.
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Fig. 6 Hydrogen flow rate with flight dynamic pressure.

He assumed that only the fuel was used in the engine as
coolant and turbopump driving gas and did not assume the use
of onboard oxidizer in the engine.

In the following discussion, the ratio of the coolant flow
rate to the stoichiometric flow rate is termed as the ‘‘coolant
flow ratio.”” The coolant flow ratio plotted with the flight
Mach number is shown in Fig. 4b. The coolant flow ratio
increases with the flight Mach number and with the decrease
of flight dynamic pressure. This tendency is the same as in
Buchmann’s study.?
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Fig. 7 Coolant flow ratio with engine scale.

2. Wall Temperature

The relation between the coolant flow ratio and the wall
temperature is shown in Fig. 5, where the flight Mach number
and flight dynamic pressure are constant. In the case of an
engine with high wall temperature, the wall is assumed to be
made of advanced refractory material with low thermal con-
ductivity. The coolant flow ratio shows a nearly linear de-
crease with the increase in wall temperature.

3. Flight Dynamic Pressure
The hydrogen flow rate of the GGC plotted with flight
dynamic pressure at a flight Mach number of 12 is shown in

- Fig. 6a. The increase of the pressure in the engine with flight-

dynamic pressure causes the coolant flow rate to increase with
flight dynamic pressure. The increase of the incoming flow
rate with flight dynamic pressure is the reason why the stoi-
chiometric flow rate increases with flight dynamic pressure.

The ratio of the GGC to total flow rate increases with flight
dynamic pressure. This tendency is also observed in other
Mach number regions. This is because the power required for
the pump becomes larger due to the increase in pump exit
pressure with higher flight dynamic pressure. The increase of
pump exit pressure with flight dynamic pressure is mainly due
to the constant value of the fuel/air injection dynamic pres-
sure ratio.

The coolant flow ratio is shown in Fig. 6b with the flight
dynamic pressure. The coolant flow ratio decreases with the
flight dynamic pressure.

4. Engine Scale

The scale effect for the engines with similar geometries is
shown in Fig. 7. The representative length, £, is the height at
the entrance of the inlet. In this consideration, the cooling of
the engine alone is taken into account. The coolant flow ratio
decreases with the increase of engine scale.

III. Simplified Correlations

A. Derivation

If the cooling passage exit temperature of hydrogen coolant
is fixed from the standpoint of allowable temperature of mate-
rial, the hydrogen flow rate required for cooling is propor-
tional to the heat flux

g o Qoch ATE? @)

The £2 represents the heat exchanging area, whereas /is repre-
sentative length. As for the gas side heat transfer coefficient &,
the Reynolds analogy was used in this analytical approach,
which is the basis of Mayer’s method.! The skin-friction
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coefficient on a flat plate A is derived from Blasius’ empirical
formulal® as follows:

N2=B(pul/p)~? )

In case of turbulent flow on a flat plate, b is 0.2.1%!6 The
Reynolds analogy is rewritten as follows:

S, =h/puC,= N2 ©)

As can be seen from the above two equations, the heat
transfer coefficient is proportional to the 0.8 power of the
product of density and velocity

hoc(pu)*? = [neppanttol A/ AN M

where A is the cross-sectional area at the air-breathing part,
and A, represents the cross-sectional area of the freestream,
which flows into the engine. The 7., is a capture area ratio,
which is a function of a Mach number.%” They are illustrated
in Fig. 8. In the following, the projected cross-sectional area at
the entrance of the inlet 4, is chosen as the representative area
of A. The A./A;, which is calculated based on Refs. 8 and 17,
is proportional to the 0.5 power of the flight Mach number
from 6 to 12.

The heat transfer coefficient can also be derived to be pro-
portional to the — 0.2 power of the length ¢ from Egs. (5) and

(6):
h ocf~ 0.2 (8)

From Egs. (7) and (8), we can derive the following relation:

b < [y Pontlon(A o/ A1)1080 02 ©

Next, AT is examined. Total temperature is used in the
following in place of adiabatic wall temperature to simplify
the discussion, because the total temperature is nearly equal to
the adiabatic wall temperature. The total temperature of com-
bustion gas T is affected by the contribution of the chemical
reaction (combustion) A7, and by the contribution of the total
temperature of incoming air into the air-breathing part:

—1
TgoocToo<1 + 1—2— Mﬁ,) + AT, (10)

The difference between the wall temperature and the total
temperature is as follows:

AT =Tyu-T,

y=1 AT, Tw>
Tl M2 4 (142122 11
= {2 - < T. T. ab

In this study, the 1962 U.S. Standard Atmosphere was
adopted to evaluate the freestream static temperature and
static pressure. Along the trajectories of the aerospace plane
discussed here, which is between 20 and 40 km in altitude, the
value of the freestream static temperature T, varies from 216
to 250 K, and the corresponding relative change in speed of
sound is less than 8% . Therefore, the flight Mach number M.,

shock wave

Fig. 8 Flight condition.
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is nearly proportional to the flight velocity #.. The coolant
flow rate is derived as follows:

A\ o -1
rhc‘loc I:ﬂcppmuao<;1—l>:l g—O.ZTm [7_2_ M:
AT, T,
1 —=)e2
v ( T, n)]

Az \os] y—1
% ung{.}sqg.sgl.z;(_) ['V_. ML2

A 2
AT, T
+l 1+ - M08 12
< T Too) ] 2

The stoichiometric flow rate is proportional to the airflow
rate:

A 1f A
mst“ﬂcpﬁm”m(j‘l—l)fzancpquoo I(A_1>EZ (13)

The coolant flow ratio is as follows:

Mg —02 ., —0. Ay _0'2_ y—1
m_ °°7Icp0 qu 02(_,) Y 0.2 5 MOZOZ

st Al
AT, T
+ (1 + T—’ - T—‘”)M;{J] (14)

Next, each relation is examined, i.e., with flight Mach num-
ber, wall temperature, flight dynamic pressure, and engine
scale.

B. Effects of Parameters
1. Flight Mach Number and Wall Temperature

When flight dynamic pressure, wall temperature, and en-
gine scale are constant, respectively, the coolant flow rate and
the stoichiometric flow rate are derived as follows from Egs.
(12) and (13), respectively:

A \os| v—1
rperprceo(22) 121

A, 2
AT, T, ‘
AT, T, 1
+ (1 + . T@)} (15)
. A '
mg oy My 2 (16)
1

The coolant flow ratio is as follows:

My o 0.2<Am>~0.2[7—-1 R
—ocp 02002 L2 M2
st i Al 2

AT, T,
+ <1 + T. T:)] ; an

The measured capture area ratios are more than 0.9 for a
flight Mach number range of 6 to 10.57 Although the capture
area ratio is a function of a flight Mach number, 7;,°* in Eq.
(17) is almost constant for the flight Mach number range
considered in the present study.

The dependence of the coolant flow ratio on flight Mach
number is influenced by the magnitude of the term
(y—1) M2/2, relative to the term (1 + AT,/To—T,,/To). On
the other hand, the term AT, is zero in Eq. (17) when there is
no chemical reaction, so the effect of AT, is reduced when the
whole engine is examined. For example, the hydrogen cooling
the noncombustion parts, i.e., the inlet and the airframe,
amounts to 40% of the total hydrogen flow rate. According
to the comparison of the preceding two terms, the term
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(y—1) M,%/2 in Eq. (17) is much larger than the other term
1+ AT,/T.—T,/Ts), and the coolant flow ratio is propor-
tional to the 2.2 power of the flight Mach number when the
wall temperature is 1000 K. This analytical result is confirmed
from Fig. 4b, which is based on the exact heat transfer calcu-
lation.

The term (1 + AT,/T,, — T,,/T), however, becomes com-
parable with the term (y — 1)M?2/2 when the flight Mach
number is low, or, for example, a higher wall temperature is
possible with use of highly refractory wall material. Thus the
coolant flow ratio is no longer proportional to the 2.2 power
of the flight Mach number.

The relation between the coolant flow ratio and the wall
temperature is shown as the following equation:

mcl/mst xC — Tw (18)

where C is a constant. Equation (18) agrees with the calculated
result as shown in Fig. 5.

2. Flight Dynamic Pressure

In the condition that the flight Mach number is constant,
the properties, e.g., temperature, in the air-breathing part do
not vary with flight dynamic pressure in the region under
discussion here. Therefore, the coolant flow rate and the
stoichiometric flow rate are derived as follows from Eqgs. (12)
and (13) when flight Mach number, wall temperature, and
engine scale are constant:

M %< gg" (19
ms[ xXGx (20)

The coolant flow ratio is derived as follows, and it agrees with
the calculation result shown in Fig. 6b:

mcl/mst‘xq; 02 (21)

3. Engine Scale

When flight Mach number, flight dynamic pressure, and

wall temperature are constant, the coolant flow rate and the
stoichiometric flow rate with the engine scale are as shown
below from Eqgs. (12) and (13):

g ocl (2)
g ocf? (23)

The coolant flow ratio is as follows:
e/ Mg ocf 02 (24)

The coolant flow ratio is proportional to the —0.2 power of
the representative length, and it agrees with the calculated
result shown in Fig. 7.

Although, in this case, the coolant for airframe cooling is
excluded from the total coolant flow rate as mentioned before,
the above relations are valid for the engine and airframe if the
scale of the airframe and that of the engine varies proportion-
ally.

1V. Conclusions
Parametric calculation on cooling requirement for an air-
frame and a scramjet engine of an aerospace plane was carried
out. Analytical relationships were derived and compared with
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the calculated results. The following has been made clear from
the investigation.

1) The hydrogen flow rate required for airframe regenera-
tive cooling is about 20% of the total hydrogen flow rate for
cooling in this study.

2) The influences on hydrogen flow rate from various

parameters, e.g., flight Mach number, were made clear by the

parametric calculation.

3) The correlation among the coolant flow rate, stoichio-
metric flow rate, flight Mach number, flight dynamic pres-
sure, wall temperature, and engine scale were derived.
Thereby, the effects of those parameters on the hydrogen flow
rate were analytically made clear:

m_c’oc —ozq—02<A >_0'2f"0'2|:7_1M2'2
g Tepdeo A, 2 -

AT, T,
<1 +— >M“
To Tg,o
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